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By John P. Mayer
SUMMARY

A semlempirical msthod of estimating the forces on airfoils at near
sonic speeds and in the presence of detached shock waves l1s presented.
Fairly good agreement with the trend of existing experimental data is
found at Mach numbers from 0.95 to 2.3 for sharp-noese airfoils at speeds
and angles of attack above those at which shock detachment occurs and
for blunt-nose airfolls where shock waves always are detached. Computed
values of the Torces on two-dimensional wings are in good agreement with
wind—tunnel data on wings of various plen forms and aspect ratios at
high angles of attack. The approximate method is 1n agreement with the
Von Kérmén transonic similarity rules for Mach numbers near unity. ’

INTRODUCTION

Since supersonic alirplanes and misslles, in some phases of flight,
must operate in reglions of detached shock waves, the problem of the
forces that may be developed under such conditions is becoming increasingly
Important. In reference 1 en estimation was made of the limlt forces on
airfolls assoclated with detached shock waves at supersonlc speeds. The
semiempirical method of estlmating the 1limit forces wes based on an
empirical limit negative pressure coefflclent and the maximum positlve
pressure coefficient attainable behind a normal shock wave. In general,
the calculated results agreed well with experlimental resulis at high
angles of attack. An extenslion of the semlempirical method is presented
in the present paper to Incliude all speeds and angles of attack where
detached shock waves are present and comparlisons are made with existing
experimsntal data.

SYMBOLS
A - agpect ratlo
c section chord UNCLASS”:IED
Ca section chord—force coefficient (Chord force/qc)
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section pressure—drag coefficient (Pressure drag/qc)
or (cy ein a + ¢, cos @)

section 11ft coefficient (Lift/qc) or
(cp cos @ — ¢ 8in a)

sectlon pitching-moment coefficlent about leading edge
(Pitching moment/qc2)

section piltching—moment coefficlent about quarter—chord
point

section normal—force coefficlent (Normal force/qc)

gection drag
sectlon 1ift
Mach number
static pressure

pressure coefficient B—:—EQ)
4%

dynamic pressure <% pve)

meximm airfoll thickness
thicknesa ratio

stream veloclty

longitudinal distance along chord
lateral distance from chord

angle of attack

flap deflection

ratio of specific heats, taken as 1.40 for air

stream density

angle between tangent to airfoll surface and free—stream
directlion
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Subscripts:

1 forwerdly inclined surface
2 rearwardly inclined surface
lim limis

max maximum

o free stream

U upper surface

L " lower surface

METHOD OF ESTIMATING FORCES

The method for estimating the forces on airfolls at near sonic
speeds and in the presence of detached shock waves 1s based on the
maximim pressure coefflclents attaineble on airfoils in conjunction with
certain erbitrary assumptions. In reference 1 an empirical 1limlt nega—
tive pressure coefficlent was presented, the equation of which was found

to be

P_L.’!.m == M? (1)

The meximum positive pressure coefflicient used 1s the pressure coeffi-—
cient corresponding to the totel pressure. For subsonlc flow, the
meximum positive pressure coefficient 1s

7
-1 y—L
Prox = ;D_/I% -|:1 + (22—)%2:] -1 (2a)
)

In supersonic flow the maximum positive pressure coefficient behind a
normal shock wave 1s
1 2

2 y +1 7L y + I 2]‘)"—1 _ oh
Foex ~ Sy [27%2—(7—1)] [Ce o * =
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The variation of the 1limit negative pressure coefficient PL and the
maximum positive pressure coefficient Ppg, with Mach number for Mach
numbers greater than 1 is shown In figure 1.

In supersonic flow, at certaln angles of attack and speeds, the
shock wave 1s curved and detached from the nose of the airfoil and a
region of subsonic flow exists behind ths shock wave as is shown in
figure 2. The average normel force on an slement of forwardly inclined
surface 1s assumsd to be equal to the product of the maximm positive
pressure coefficient and the slne of the angle between the free—stream
direction and the airfoil surface

Pl = Pmaxsin ¢l (3)

It is known that, when mixed flow fields are present, sonic veloclty is
reached on wedges at the shoulder. (See references 2 and 3.) Therefors,
for sharp-nose airfolls at high angles of attack, it is assumed that the
gonic lines Ilnitiate from the leadling and trailing edges of the alrfoll,
as is shown in figure 2(a,. For round-nose airfoils and sharp-edge
airfoils at low angles of attack it is assumed that the sonlc lines
initiate from the point on the airfoll surface where the angle between
the free—stream direction and the tangent at the airfoil surface 18 zero.
(See figs. 2(b) and 2(c).) The average normal force on an element of a
rearwardly inclined surface is then assumed to be glven by the well—known
Prandtl-Meyer expansion with the static pressure at the sonic line set
equal to the free—stream static pressure. It can be shown that the
pressure coefflcient corresponding to the Prandtl-Meyer relation may be

given for small angles &as

’

_ i’i'?(y i l)1/3 ¢22/3

or 1

_ 1. 957 L.95T g 2/3

7}
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With the previous simplifying assumptions, the following approximate
equations for the normal—force, chord-force, and moment coefficients are
cbtalned:

o]
]

a = Puax [fsin Frd(x/c) +fsin ¢Ld.(x/c)]

sl [

Q
|

c = Pma..x [fsin Fua(y/c) +fsin ¢Ld.(y/c)]

i} }?igz[f 07 as/e) + [8:2Pats o) (6)

'CBE.E = Ppax [ sin gy(x/c)d(x/ec) + fsin ¢L(x/c)d(?:/c)]

- L5t a2 P soracxsor + [423 cxroraasor n

cmc/lp = Pmax[fSin ¢U(§ - 0.25)d(x/c) +fsih ¢L(§ - 0.25)(1(::/0)]

ST 957 /¢U (x —~ 0.25)a(x/c) + f¢L (5 — 0.25)d(x/c)|(8)

In using equation (4) the flow ie expanded only until the pressures
reach the empirical 1imlt pressure coefficlent gliven in eguation (1).

A graphical representation of the Prandtl-Meyer relatlion and equation (k)
is presented in figure 3 from which the pressure coefflcient P, may be

found if the free—sStream Mach number M, and the angle of expansion @&

are given. It may be seen in figure 3 that in using equation (&) instead
of the exact Prandtl-Meyer relation, the error is small up to the angle
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for limit pressure. Figures 1 and 3, together with the geometric proper—
ties of an alrfoil, may then be used to approximate the 11ft and drag
coefficients assoclated wlth detached shock waves.

APPLICATION AND COMPARTSONS

Comparisone between the test results of reference 4, for a
rectangulsr wing having circular—arc airfoll sections, and the calcu—
lated¥force coefficients cobtained using the approximate formmla given
previously are shown in figure 4 for Mach numbers of 1l.55 and 2.32,
Shown in figure 4, in addition to the calculated force coefficlients at
angles of attack sbove the point of shock detachment, are the theoretical
angle of attack where the shock detaches from the leading edge of the
airfoil and the exact theoretical two-dimensional 1ift and drag curves
for the ailrfoil up to the angle of shock detachment. It can be seen
from figure 4 that, although the equations from which the calculated
1lift and drag coefficients were obtalned are based on a two—dimensional
aenalysis, the results show fairly good agreememt with the trend of the
three—-dimensional wind—tunnel data at angles of attack above the angle
of shock detachment even at aspect ratios as low as l.T7. It may be
noted that at the angle of shock detachment the calculated 1lift and
drag coefficients are close to the 1lift and drag coefficients obtained
by using the more exact shock—expansion theory (reference 5). For
these particular cases the estimated value 1s within 10 percent of the
value obtained using the more exact theory.

Reference 4 also includes results from wind~tunnel tests on wing
models of triangular, sweptback, and trapezoidal plan forms with aspect
ratios from 1.37 to 4.06. Presented in figure 5 are comparisons between
the test results of reference 4 for four wing plan forms wlth the 11ft
and drag coefficients obtained from equations (5) and (6). It can be
seen that the results show fairly good agreement with experiment at high
angles of attack.

Comparisaons between calculated 1ift and drag coefficients and
experimental two—dimensional data of reference 6 for detached shock
conditions are presented In flgure 6 for a circular—erc alrfoll section
at Mach numbers of 1.85 and 2.13. In general, the results show fairly
good agreement with the trend of the test data at angles of attack where
the shock is detached from the airfoil. At a Mach number of 2.13,
however, the slope of the experimental 1ift curve does not tend to
decrease at high angles of attack as does the slope of the calculated
1ift curve.

Shown in figure 7 are comparisons of the moment coefficients at the
leading edge calculated by the approximate method and the experimental

moment coefficients for the l0—percent circular-arc alrfoll sections
of reference 6 for Mach numbers of 1.8%5 and 2.13. The calculated results
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are in falr agreement with the trend of the experimental data and it may
be seen that, for these partlculer cases, the calculated moment coeffi—
clents at the point of shock detachment are near those calculated by the
more exact shock—expansion two-dimensional theory.

Reference 7 presents results of tests made at supersonic speeds of
several subsonic alrfoll sections where shock waves always would be
detached from the leading edges. Comparisons between the test results
of reference T and the estimated 1ift and drsg coefficlents based on
the previous assumptions are shown in figure 8 for three of the blunt—
nose alrfoils tested at & Mach nunber of 1.47. Comparisons between the
experimental and estimated results for a faired circuler cylinder having
a thickness ratic of 14 percent are shown in figure 8(a). Shown in
figures 8(b) and 8(c) are comparisons for Gdttingen airfoils
numbers 622 and 623 which have thickness ratics of 8 and 12 percent,
respectively. It can be mesn that, in general, the estlmated 1ift and
drag coefficients agree falrly well with the trend of the experimental
lift and dreg coefflcients.

An application of the aprroxlimate method at Mach numbers close
to M = 1.0 is shown in figure 9 where comparieons are made between
the calculated force cocefficients for & l2-percent cilrcular—arc airfoll
section and some unpublished tests of a semispan rectangular wing having
12—percent circular—arc airfoll sections 'and an aspect ratio of 5.30.
The tests were madé in the Southerm Californis Cooperative Wind Tunnel
by the "bump" method at a Reynolds number of about 430,000. It may be
noted in figure 9 that comparisons are shown for Mach numbers less
than M = 1l.0. When the shock waves on an alrfoll approach the tralling
edge the air flow i essentlally supersonlc and the approximate method
should be applicable. For most commonly used airfolls this Mach number
at which the flow becomss essentlally supersonic 1s mear M = 0.95 at
low angles of attack. Shown in Pflgure 9 are the approximate shock
locations at low angles of attack. As the Mach number increases the
shock waves approach the tralling edge and reach the tralling edge at
a Mach number near M = 0.95, and as the Mach number becomes supersonic
a bow wave forms in front of the airfoll. It may be seen from figure 9
that the calculated 1ift coefficlents are in good sgreement with the
experimental 1ift coefficlents at Mach numbers where the shock waves on
the airfoll have approached the trailing sdge. The calculated pressure—
drag coefficlents are in falr agreement wlth experimental total—-drag
coefficients. The calculated moment coefficients about the quarter—
chord point are overestimated in all cases since the pressure dlstri-—
butions obtained from the approximaste formmlas differ from the
- experimental pressure dlstributions.

Shown 1n figure 10 are comparisons between msasured pressure distri-
butions and those calculated from the approximate formulas for clrcular—
arc airfoll sections at Mach numbers of 1.10 and 1.85. The test results
at M= 1.10 are from the unpublished tests mentioned previously and the
results at & Mach number of 1.85 are from reference 6. In both cases,
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detached shock waves are present. It may be seen that at a Mach number
of 1.10 the approximate method does not predict the actual pressure
distribution. However, the areas of the experimental and the approxi—
mate curves are nearly the same. At a Mach number of 1.85 the results
are somewhat better, although the measured pressures on the lower surface
near the leading edge are necessarily higher than those estimated by

the approximste formulas.

An application of the method for estimating Fforces in the presence
of detached shock waves is shown in figure 11 where the calculated lift,
drag, and moment coefflcients are shown for a l0—percent diamond sirfoil
with a 25-percent—chord trailing—edge flap at a Mach number of 2.5. '
Also shown are the theoretical two-dimensional 1ift, drag, and pitching—
moment coefficlents below the angle of attack for shock detachment. The
estimated increments in 1ift, dreg, and moment coefficlients at the point
of shock detachment are close to the lncrements calculated by the more
exact two—dimengional theory in thls case. It can be seen, in figure 11,
that the 10° flap deflection produces higher drag and moment coefficients
throughout the angle—of—eattack range. However, because of the large
chord forces, the 1ift coefficient of the flapped airfoil is actually
less than that for the unflapped airfoil at angles of attack above L45°
and, for this particular case, the maximum 1ift coefficlient is changed
very little by the use of & flap.

DISCUSSION

In applying the approximate method for estimating the forces on
airfoils at near sonlc speeds and in the presence of detached shock waves,
1t must be remembered that the method 1s semlemplirical and based on
rough assumptions to the actual flow conditions and that some caution
should be used. For instance, pressure distributlions computed by the
approximate method may be considerably in error. Therefore, calculated
moments are questlonable and such factors as asrodynamic centers or
centers of pressure cannot be estimated by the approximate method. On
the other hand, calculated lift and drag coefficlents are In falrly good
agreement with the trend of availlable test data. In regard to the calcu~
lation of forces on round-nose airfolls, it is known that there will
be considerable error in the assumed position of the sonlc "line and the
assumed statlic pressure at the sonic line. However, for the particular
examples given in the present paper, it 1s believed that the assumption
of the position of the sonic llne is not too much in error since the
position of maximum thickness occurs fairly close to the leading edge
of the airfoil. For airfoils having the position of maximum thickness
farther rearward, however, the assumption would be more In error-at low
angles of attack, for the sonic lines would initiate ahead of the
agsumed point. At higher angles of attack the results might be better.
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A closer assumption to the actual condlitions would be to assume the sonilc
line at the point on the ailrfoll surface where the angle ¢ 1s equal to
the maximum angle through which a supersonic flow may be deflected and

to assums a static pressure at the sonic line corresponding to equation (3)
for thils case. In the actual case, the sanlc line probaebly initiates
somewhat shead of the point on the airfoil where the angle @ is equal

to the maximum deflectlon angle. The flow then expands over the alrfoll
surface but 1s affected by the reflectlon of compression waves from the
sonic line. (See reference 3.) The use of the approximate equations

used in the present paper ( Py = Pp.8in @ for forwardly inclined

2 2
surfaces and Pp = — %(7—3_1)1/ 3¢2 /3 for rearwardly inclined surfa.ces)

introduces somewhat clg%pensa.ting factors in regard to actual flow
conditions since, Iin starting the expansion from the point on the air—
Poll where ¢ = 0%, the negative pressures are reduced from what they
would be by starting the expansion from the point where ¢ 1s equal
to the maximum deflectlion angle.

In regerd to the use of the approximate method at Mach numbers
near M = 1.0, 1t can be shown that, for thin symmetricel alrfoils at
low angles of attack, the 11ft and drag coefficlents obtained from
equations (5) and (6) can be expressed as

cq= _1..2_ q,e/ 3<PmaxMo2‘-"’l/ 34 Conatan'b) (9
My
and
- () ana A o] o

These equa.tions are in agreement with the transomic similerity laws of
Von Kérmén. (See references 8 and 9.) From these laws the 1lift and
drag coefficlents are expressed &s

. o/3
‘=MTG/3L(|1-M02 e (11)

and
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- 1 _5/3 (-l;/c)l/3
‘a Moé(c) ?(]l_Moeg)l/a (12)

In estimating the 1ift and drag of asirfcils at Mach numbers
near M = 1.0 the approximate method should be used only for Mach numbers
2nd angles of attack where the shock waves on the airfoil have approached
the trailing edge. At hlgh subsonic Mach numbers the air Pflow over the
rear portion of an airfoll often separates and the shock wave on the
upper surface of the airfocll tends to move forward with lncreasing angle
of attack. Therefore, 1t might be expected that the 1ift and drag obtained
by the approximate method at high angles of attack in the transonic range
would not be as good an estimatlon as the 1ift and drag obtalned at low
angles of atteck.

It is of interest to study the conditions under which the shock is
detached and the approximate method may be used. Guderley has shown that
the transition from an attached to a detached shock wave is not an abrupt
change but 1s a continuous process. (See reference 3.) In reallty, even
the sharpest wedge or airfoil has a blunt nose and the shock wave has
a small region of detachment. However, the problem is a relative one
and a strong region of shock detachment must be present before the ordinary
methods of treating attached shock waves cease to be useful. At high
supersonic Mach numbers and low angles of attack where the shock is bent
strongly back the subsonic region of flow an the alrfoil is small and
perhaps the attached shock methods may be used again with success even
for round—nose alrfoils. In the present paper, however, the approxi-
mate method 1s for use In estimating the 1ift and drag of airfoils at
supersonlc speeds 1n the presence of relatively strong detached shock
waves. In general 1t 1s believed that, In the absence of a more exact
theoretical solution, the simple method presented will enable a first
approximation of the 1ift and drag of airfoils at high transonic speeds
and at supersonlic speeds in the presence of detached shock waves.

CONCLUDING REMARKS

A semiempirical method for estimating the forces on alrfolls at
sonic speeds end at supersonic speeds in the presence of detached shock
waves 18 presented. Falrly good agreement with the trend of exlisting
experimental data is Pfound at Mach numbers from 0.95 to 2.3 for sharp—
edge airfolls above the angle of attack for shock detachment, and the
calculated results agree fairly well with the trend of the experimental
data for blunt-nose airfolls at supersonic speeds where shock waves
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always are detached from the leadling edge. Computed values of the forces
on two—dimensional wings are In good agreement wlth wind—tummnel data on
wings of various plan forms and with aspect ratios as low as 1.7 at high

engles of attack,

For airfolls cansldered In thls paper, the estimated force coeffi—
cients at the angle of attack where the shock wave detaches from the nose
of a sharp—edge alrfoll are close to the theoretical two—dimensional

force coefficlents.

* The approximate method presented is in agreement with the
Von Kérmén transonic simlilarity rules for Mach numbers near unity.

Langley Aeronautical Laboratory
National Advisory Commititee for Aeronautics

Langley Air Force Base, Va.
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